Office de la Propriete Canadian CA 2923935 A1 2016/09/30

Intellectuelle Intellectual Property
du Canada Office (21) 2 923 935
- organisme An agency of 12y DEMANDE DE BREVET CANADIEN
d'Industrie Canada Industry Canada
CANADIAN PATENT APPLICATION
(13) A1
(22) Date de dépot/Filing Date: 2016/03/17 (51) Cl.Int./Int.Cl. FO1D 25/12 (2006.01),
(41) Mise a la disp. pub./Open to Public Insp.: 2016/09/30 FO1D 11/24 (2006.01), FO1D 9/02 (2006.01)
(30) Priorité/Priority: 2015/03/31 (US14/674,186) (71) Demandeur/Applicant.

GENERAL ELECTRIC COMPANY, US

(72) Inventeurs/Inventors:
NING, WEI, US;
DRY, DENNIS PAUL, US;
SRINIVAS, MULLARHALLI VENKATARAMANIAH, US

(74) Agent: CRAIG WILSON AND COMPANY

(54) Titre : SYSTEME DE REFROIDISSEMENT D'UN MOTEUR DE TURBINE
(54) Title: SYSTEM FOR COOLING A TURBINE ENGINE

(57) Abrege/Abstract:
In one aspect the present subject matter Is directed to a system for cooling a turbine engine. The system Includes a cooling

medium source, a stator vane having an Internal flow passage that is in fluid communication with the cooling medium source and a

,
L
X
e
e . ViNENEE
L S S \
ity K
.' : - h.l‘s_‘.}:{\: .&. - A L~
.
A

A7 /7]
o~

W .
‘ l an a dH http.:vvopic.ge.ca + Ottawa-Hull K1A 0C9 - atp.//cipo.ge.ca OPIC
OPIC - CIPO 191




CA 2923935 A1 2016/09/30

ey 2 923 935
(13) A1

(57) Abrege(suite)/Abstract(continued):
turbine shroud assembly having an internal flow passage that is in fluid communication with the internal flow passage of the stator

vane. The system allows for reduced peak thermal gradients between a cooling medium provided by the cooling medium source
and various turbine hardware components such as the turbine shroud assembly.
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SYSTEM FOR COOLING A TURBINE ENGINE

ABSTRACT

In one aspect the present subject matter is directed to a system for cooling a
turbine engine. The system includes a cooling medium source, a stator vane having an
internal flow passage that is in fluid communication with the cooling medium source and
a turbine shroud assembly having an internal flow passage that is in fluid communication
with the internal flow passage of the stator vane. The system allows for reduced peak
thermal gradients between a cooling medium provided by the cooling medium source and

various turbine hardware components such as the turbine shroud assembly.
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SYSTEM FOR COOLING A TURBINE ENGINE

FIELD OF THE INVENTION

[0001] The present subject matter relates generally to a turbine engine. More
particularly, the present subject matter relates to a system for cooling various turbine

components of the turbine engine such as a turbine shroud assembly.
BACKGROUND OF THE INVENTION

[0002] A gas turbine engine generally includes, in serial flow order, a compressor
section, a combustion section, a turbine section and an exhaust section. In operation, air
enters an inlet of the compressor section where one or more axial compressors

progressively compress the air until it reaches the combustion section. Fuel is mixed with

the compressed air and burned within the combustion section to provide combustion
gases. The combustion gases are routed from the combustion section to the turbine
section. In particular configurations, the turbine section includes, in serial flow order, a
high pressure (HP) turbine and a low pressure (LP) turbine. The HP turbine and the LP
turbine at least partially define a hot gas path of the gas turbine engine. The combustion

gases are then routed out of the hot gas path via the exhaust section.

[0003] As the combustion gases flow through the hot gas path, thermal energy is
transferred from the combustion gases to various turbine hardware components such as

stator vanes, turbine rotor blades, turbine shroud seals and other turbine hardware
components. As a result, it is necessary and/or beneficial to cool the various turbine

hardware components to meet thermal and/or mechanical performance requirements.

[0004] Typically, a cooling medium such as compressed air from the compressor
section is routed through various cooling passages or circuits defined within or around the
various turbine hardware components. However, undesirably high thermal stresses in the

various turbine hardware components may occur due to thermal gradients associated with
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high combustion gas temperatures and significantly lower cooling medium temperatures.
Accordingly, a system for cooling a turbine engine that reduces thermal stresses in the
various turbine hardware components, particularly the turbine shroud assemblies, would

be welcomed in the technology.
BRIEF DESCRIPTION OF THE INVENTION

[0005] Aspects and advantages of the invention will be set forth in part in the
following description, or may be obvious from the description, or may be learned through

practice of the invention.

[0006] In one aspect, the present subject matter is directed to a system for cooling a

turbine engine. The system includes a first cooling medium source, a first stator vane
having an internal flow passage that is in fluid communication with the cooling medium
source and a first turbine shroud assembly having an internal flow passage that 1s 1n fluid
communication with the internal flow passage of the first stator vane. The system further
includes a second cooling medium source, a second stator vane that is disposed
downstream from the first stator vane and that includes an internal flow passage. The
first stator vane and the second stator vane at least partially define a hot gas path through
the turbine. The system further includes a bypass flow passage that is at least partially
defined between a baffle and an outer band portion of the stator vane. The bypass flow
passage and the internal flow passage of the second stator vane are in fluid
communication with the second cooling medium soﬁrce. The system further includes a
second turbine shroud assembly having an internal flow passage that i1s in fluid
communication with at least one of the internal flow passage of the second stator vane

and the bypass flow passage.

[0007] In another aspect, the present subject matter is directed to a system for cooling
a turbine engine. The system includes a first cooling medium source, a first stator vane

having an internal flow passage that is in fluid communication with the cooling medium

source and a first turbine shroud assembly having an internal flow passage that is in fluid
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communication with the internal flow passage of the first stator vane. The system further
includes a second cooling medium source. A second stator vane is disposed downstream
from the first stator vane. The second stator vane includes an internal flow passage. The
first stator vane and the second stator vane at least partially define a hot gas path through
the gas turbine engine. A bypass flow passage is at least partially defined between a
baffle and an outer band of the stator vane. The bypass flow passage and the internal
flow passage of the second stator vane are in fluid communication with the second
cooling medium source. The system further includes a second turbine shroud assembly
having an internal flow passage that is in fluid communication with at least one of the

internal flow passage of the second stator vane and the bypass flow passage.

[0008] Another aspect of the present subject matter is directed to a system for cooling
a turbine engine. The system includes a first stage of the turbine engine having a stator
vane and a turbine shroud assembly. The stator vane has an internal flow passage that 1s
in fluid communication with a cooling medium source. The turbine shroud assembly
includes an internal flow passage that is in fluid communication with the internal flow
passage of the stator vane. The system further includes a second stage of the turbine
engine that is disposed downstream from the first stage. The second stage includes a
stator vane and a turbine shroud assembly. The stator vane of the second stage includes
an internal flow passage that is in fluid communication with the internal flow passage of

the turbine shroud assembly of the first stage. The turbine shroud assembly of the second

stage includes an internal flow passage that is in fluid communication with the internal

flow passage of the stator vane of the second stage.

[0009] These and other features, aspects and advantages of the present invention will
become better understood with reference to the following description and appended
claims. The accompanying drawings, which are incorporated in and constitute a part of
this specification, illustrate embodiments of the invention and, together with the

description, serve to explain the principles of the invention.
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BRIEF DESCRIPTION OF THE DRAWINGS

(0010} A full and enabling disclosure of the present invention, including the best
mode thereof, directed to one of ordinary skill in the art, is set forth in the specification,

which makes reference to the appended figures, in which:

[0011] FIG. 1 is a schematic cross-sectional view of an exemplary gas turbine engine

according to various embodiments of the present subject matter;

[0012] FIG. 2 is an enlarged cross sectional side view of a first stage portion of the
gas turbine engine as shown in FIG. 1, including an exemplary embodiment of a system
for cooling a turbine of a gas turbine engine, according to one embodiment of the present

invention;

(0013} FIG. 3 is an enlarged cross sectional side view of a first stage portion of the
oas turbine engine as shown in FIG. 1, including an exemplary embodiment of a system

for cooling a turbine engine, according to one embodiment of the present invention;

(0014] FIG. 4 is an enlarged cross sectional side view of a second stage portion of the
gas turbine engine as shown in FIG. 1, including an exemplary embodiment of a system

for cooling a turbine engine, according to one embodiment of the present invention;

[0015]  FIG. 5 is an enlarged cross sectional side view of a second stage portion of the

gas turbine engine as shown in FIG. 1, including an exemplary embodiment of a system

for cooling a turbine engine, according to one embodiment of the present invention; and

[0016] FIG. 6 is an enlarged cross sectional side view of a portion of a first stage
portion and a second stage portion of the gas turbine engine as shown in FIG. 1, including

an exemplary embodiment of a system for cooling a turbine engine, according to one

embodiment of the present invention.
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DETAILED DESCRIPTION OF THE INVENTION

[0017] Reference will now be made in detail to present embodiments of the
invention, one or more examples of which are illustrated in the accompanying drawings.
The detailed description uses numerical and letter designations to refer to features in the
drawings. Like or similar designations in the drawings and description have been used to
refer to like or similar parts of the invention. As used herein, the terms “first”, “second”,
and “third” may be used interchangeably to distinguish one component from another and
are not intended to signify location or importance of the individual components. The
terms “upstream” and “downstream” refer to the relative direction with respect to fluid
flow in a fluid pathway. For example, “upstream” refers to the direction from which the

fluid flows, and “downstream” refers to the direction to which the fluid flows.

[0018] Referring now to the drawings, wherein identical numerals indicate the same
elements throughout the figures, FIG. 1 is a schematic cross-sectional view of an
exemplary high-bypass turbofan jet engine 10 herein referred to as “turbofan 10™ as may
incorporate various embodiments of the present invention. As shown in FIG. 1, the
turbofan 10 has a longitudinal or axial centerline axis 12 that extends therethrough for
reference purposes. In general, the turbofan 10 may include a fan section 14 and a core

turbine engine or gas turbine engine 16 disposed downstream from the fan section 14.

[0019] The core turbine engine 16 may generally include a substantially tubular outer
casing 18 that defines an annular inlet 20. The outer'casing 18 encases, in serial flow
relationship, a compressor section having a booster or low pressure (LP) compressor 22, a
high pressure (HP) compressor 24, a combustion section 26, a turbine section including a
high pressure (HP) turbine 28, a low pressure (LP) turbine 30, and a jet exhaust nozzle
section 32. A high pressure (HP) shaft or spool 34 drivingly connects the HP turbine 23
to the HP compressor 24. A low pressure (LP) shaft or spool 36 drivingly connects the
LP turbine 30 to the LP compressor 22. The (LP) shaft or spool 36 may also be
connected to a fan spool or shaft 38 of the fan section 14. In particular embodiments, as
shown in FIG. 1, the (LP) shaft or spool 36 may be connected directly to the fan spool 38
S
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such as in a direct-drive configuration. In alternative embodiments, the (LP) shaft or
spool 36 may be connected to the fan spool 38 via a reduction gear (not shown) such as in

an indirect-drive or geared-drive configuration.

[0020] As shown in FIG. 1, the fan section 14 includes a plurality of fan blades 40
that are coupled to and that extend radially outwardly from the fan spool 38. An annular
fan casing or nacelle 42 circumferentially surrounds the fan section 14 and/or at least a
portion of the core turbine engine 16. It should be appreciated by those of ordinary skill
in the art that the nacelle 42 may be configured to be supported relative to the core
turbine engine 16 by a plurality of circumferentially-spaced outlet guide vanes 44.
Moreover, a downstream section 46 of the nacelle 42 may extend over an outer portion of

the core turbine engine 16 so as to define a bypass airflow passage 48 therebetween.

[0021] During operation of the turbofan 10, a volume of air 50 enters the turbotan 10
through an associated inlet 52 of the nacelle 42 and/or fan section 14. As the volume of
air 50 passes across the fan blades 40 a first portion of the air 50 as indicated by arrows
54 is directed or routed into the bypass airflow passage 48 and a second portion of the air
50 as indicated by arrow 56 is directed or routed into the LP compressor 22. The ratio
between the first portion of air 54 and the second portion of air 56 is commonly known as
bypass ratio. The pressure of the second portion of air 56 is then increased as it is routed
towards the high pressure (HP) compressor 24 (as indicated by arrow 58). The second
portion of air 58 is routed from the HP compressor 24 into the combustion section 26

where it is mixed with fuel and burned to provide combustion gases 60.

[0022] The combustion gases 60 are routed through the HP turbine 28 where a
portion of thermal and/or kinetic energy from the combustion gases 60 is extracted via
sequential stages of HP turbine stator vanes 62 that are coupled to the outer casing 18 and
HP turbine rotor blades 64 that are coupled to the HP shaft or spool 34, thus causing the
HP shaft or spool 34 to rotate, thereby supporting operation of the HP compressor 24.

The combustion gases 60 are then routed through the LP turbine 30 where a second

portion of thermal and kinetic energy is extracted from the combustion gases 60 via
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sequential stages of LP turbine stator vanes 66 that are coupled to the outer casing 18 and
LP turbine rotor blades 68 that are coupled to the LP shaft or spool 36, thus causing the
LP shaft or spool 36 to rotate, thereby supporting operation of the LP compressor 22

and/or rotation of the fan spool or shaft 38.

[0023] The combustion gases 60 are then routed through the jet exhaust nozzle
section 32 of the core turbine engine 16 to provide propulsive thrust. Simultaneously, the
pressure of the first portion of air 54 is substantially increased as the first portion of air 54
is routed through the bypass airflow passage 48 before it is exhausted from a fan nozzle
exhaust section 70 of the turbofan 10 providing propulsive thrust. The HP turbine 28, the
LP turbine 30 and the jet exhaust nozzle section 32 at least partially define a hot gas path

72 for routing the combustion gases 60 through the core turbine engine 16.

[0024] During operation of the core turbine engine 16, the temperature of the
combustion gases 60 flowing through the HP and LP turbine sections, particularly
through the HP turbine 28, may be extreme. For example, the combustion gases flowing
through a portion of the hot gas path 72 defined by/within the HP turbine 28 may exceed
2000 degrees Fahrenheit. As a result, it is necessary and/or beneficial to cool the various
turbine hardware components of the HP turbine 28 and/or the LP turbine 30 such as but
not limited to the stator vanes 62, 66, turbine shroud seals (as illustrated and in FIGS. 2-6
and as described in detail below) and/or the turbine rotor blades 64, 68 to meet thermal

and/or mechanical performance requirements.

[0025] Along with a turbofan engine 14, a core turbine 16 serves a similar purpose
and sees a similar environment in land based gas turbine, a turbojet engine, where the
ratio of the first portion of air 54 to the second portion of air 56 is less than that of a turbo
fan, and in an unducted fan engine, where the fan section 14 is devoid of a nacelle 46. In
each of the turbofan, turbojet, and unducted engines, a speed reduction device, tor
example, a reduction gearbox, may be included between any shafts and spools, for

example, between the (LP) shaft or spool 36 and the fan spool or shaft 38 of the fan

section 14.
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[0026] According to various embodiments of the present invention, a system for
cooling a turbine engine includes in serial flow order, a cooling medium source, at least
one stator vane having an internal flow passage that is in fluid communication with the
cooling medium source and a turbine shroud assembly having an internal flow passage

that is in fluid communication with the internal flow passage ot the stator vane.

[0027] FIG. 2 provides a cross sectional side view of a first stage portion 74 of the
HP turbine of the core turbine engine 16 including an exemplary embodiment of a system
for cooling a turbine engine 100, herein referred to as “system 1007, according to one
embodiment of the present invention. It should be appreciated that the system 100 as
provided and described herein with regards to the HP turbine 28, may be used to cool the
various turbine hardware components of the LP turbine as well and the system 100 1s not

limited to the HP turbine 28 unless otherwise recited in the claims.

[0028] As shown in FIG. 2, system 100 includes in serial flow order, a cooling
medium source 102, a stator vane 104 having an internal flow passage 106 defined or
formed therein, and a turbine shroud assembly 108 having an internal flow passage 110
defined or formed therein. In particular embodiments, the cooling medium supply 102
may include at least one of the HP compressor 24 and/or the LP compressor 22. In
operation, the cooling medium supply 102 provides a compressed cooling medium (as
indicated by arrow 112) at a first temperature T1 to an inlet 114 of the internal tlow

passage 106 of the stator vane 104. The cooling medium 112 may comprise compressed

air from at least one of the HP compressor 24 and/or the LP compressor 22.

[0029] As the cooling medium 112 progresses through the internal passage 106,
thermal energy from the stator vane 104 is absorbed by the cooling medium 112, thus
increasing the temperature of the cooling medium from T; to a higher temperature 1.
The cooling medium 112 exits the internal flow passage 106 via an outlet 116. The

cooling medium 112 is then directed or routed towards an inlet 118 of the internal tlow

passage 110 of the turbine shroud assembly 108.
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[0030] The inlet 118 may be at least partially defined within a shroud block or ring
portion 120 of the turbine shroud assembly 108. The internal flow passage 110 of the
turbine shroud assembly 108 may be at least partially defined within the shroud block or
ring portion 120. For example, the shroud block or ring portion 120 may at least partially
define a flow distribution plenum 122 that is in fluid communication with the inlet 118.
In particular embodiments, the internal flow passage 110 may be at least partially defined
by a shroud seal 124 that is coupled to a radially inner portion 126 of the shroud block or
ring portion 120. In one embodiment, the shroud seal 124 at least partially defines a

cooling air plenum 128 that is in fluid communication with the flow distribution plenum

122.

[0031] The shroud seal 124 generally incudes an inner or cool side surface 130 and a
seal surface 132 that is at least partially exposed to the combustion gases 60 flowing
through the hot gas path 72. A radial gap 134 is defined between the seal surface 132 of
the shroud seal 124 and tip portion 136 of one of the turbine rotor blades 64. The shroud
seal 124 prevents and/or controls leakage of the combustion gases 60 through the radial

gap 134 during operation of the core turbine engine 16.

[0032]  The shroud seal 124 and/or the seal surface 132 may be formed from a
material or materials having a high thermal capacity such as a metal alloy, a ceramic or a
ceramic matrix composite so as to accommodate the high temperature combustion gases

60 that flow through the hot gas path 72. In particular embodiments, the shroud seal 124

and/or the seal surface 132 may be formed from material that is different (i.e. has
different thermal/mechanical properties) from material(s) which form or make up the

various other hardware components such as the stationary vane 104, the outer casing 13

and/or the turbine rotor blades 64.

[0033]  Once the cooling medium 112 enters the internal flow passage 110 of the

turbine shroud assembly 108, it may be directed across and/or impinged upon the inner
surface 130 of the shroud seal 124, thus providing at least one of convection, or

impingement cooling to the shroud seal 124. The elevated temperature of the cooling

9
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medium 112 at T11 when compared to its initial temperature T1 may reduce through
thickness and/or peak thermal gradients between the shroud seal 124 and the cooling

medium 112, thus reducing thermal stresses on the shroud seal 124. This may be
particularly beneficial when the shroud seal 124 and/or the seal surface 132 is formed

from a ceramic or ceramic matrix composite material.

[0034] FIG. 3 provides a cross sectional side view of a portion of the HP turbine 28
of the core turbine engine 16 as shown in FIG. 2, including an exemplary embodiment of
the system 100, according to one embodiment of the present invention. In one
embodiment as shown in FIG. 3, the inlet 114 to the internal passage 106 of the stator
vane 104 may be formed or disposed along a bottom or inner band portion 138 of the
stator vane 104. In one embodiment, the stator vane 104 may at least partially detine a
plurality of holes or apertures 140 that provide for fluid communication out of the

internal flow passage 106 along a span of the stator vane 104.

[0035] In particular embodiments, a bypass flow passage 142 may be at least partially
defined by a top or outer band portion 144 of the stator vane 104 the bypass tlow passage
142 provides for fluid communication through the outer band portion 144 of the stator
vane and into the hot gas path 72. The bypass flow passage 142 may be configured or
oriented to direct the cooling medium 112 towards the radial gap 134, thus providing
cooling to the seal surface 132 of the shroud seal 124. In one embodiment, the system
100 may further include various cooling passages 145 defined within the turbine rotor
blades 64. The cooling passages 145 may be configured or oriented to provide a separate
flow of the cooling medium 112 from the turbine rotor blades 64 into the radial gap 134

towards the seal surface 132 of the shroud seal 124.

[0036] FIG. 4 is a cross sectional side view of a second stage portion 76 of the HP
turbine 28 of the core turbine engine 16 as shown in FIG. 1, including an exemplary
embodiment of a system for cooling a turbine of a gas turbine engine 200, according to

one embodiment of the present invention. As shown in FIG. 4, system 200 includes in

serial flow order, a cooling medium source 202, a stator vane 204 having an internal flow

10
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passage 206 defined or formed therein, and a turbine shroud assembly 208 having an

internal flow passage 210 defined or formed therein. In particular embodiments, the
cooling medium supply 202 may include at least one of the HP compressor 24 and/or the
LP compressor 22. In operation, the cooling medium supply 202 provides a compressed
cooling medium (as indicated by arrow 212) at a first temperature T2 to an inlet 214 ot
the internal flow passage 206 of the stator vane 204. The cooling medium 212 may
comprise compressed air from at least one of the HP compressor 24 and/or the LP

compressor 22.

[0037] As the cooling medium 212 progresses through the internal passage 206,
thermal energy from the stator vane 204 is absorbed by the cooling medium 212, thus
increasing the temperature of the cooling medium 212 from T: to a higher temperature
T21. The cooling medium 212 exits the internal flow passage 206 via an outlet 216. The
cooling medium 212 is then directed or routed towards an inlet 218 of the internal flow

passage 210 of the turbine shroud assembly 208.

[0038] The inlet 218 may be at least partially defined within a shroud block or ring
portion 220 of the turbine shroud assembly 208. The internal flow passage 210 of the
turbine shroud assembly 208 may be at least partially defined within the shroud block or
ring portion 220. For example, the shroud block or ring portion 220 may at least partially
define a flow distribution plenum 222 that is in fluid communication with the inlet 218.

In particular embodiments, the internal flow passage 210 may be at least partially defined
by a shroud seal 224 that is coupled to a radially inner portion 226 of the shroud block or
ring portion 220. In one embodiment, the shroud seal 224 at least partially defines a

cooling air plenum 228 that is in fluid communication with the flow distribution plenum

222.

[0039] The shroud seal 224 generally incudes an inner or cool side surface 230 and a
seal surface 232 that is at least partially exposed to the combustion gases 60 flowing
through the hot gas path 72. A radial gap 234 is defined between the seal surface 232 of
the shroud seal 224 and tip portion 236 of one of the turbine rotor blades 64 of the second

11
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stage portion 76. The shroud seal 224 prevents and/or controls leakage of the combustion

gases 60 through the radial gap 234 during operation of the core turbine engine 16.

[0040] The shroud seal 224 and/or the seal surface 232 may be formed from a
material or materials having a high thermal capacity such as a metal alloy, a ceramic or a
ceramic matrix composite so as to accommodate the high temperature combustion gases
60 that flow through the hot gas path 72. In particular embodiments, the shroud seal 224
and/or the seal surface 232 is formed from material that is different (i.e. has different
thermal/mechanical properties) from material(s) which form or make up the various other

hardware components such as the stationary vane 204, the outer casing 18 and/or the

turbine rotor blades 64 of the second stage portion 76.

[0041] Once the cooling medium 212 enters the internal flow passage 210 of the
turbine shroud assembly 208, it may be directed across and/or impinged upon the inner
surface 230 of the shroud seal 224, thus providing at least one of convection, or
impingement cooling to the shroud seal 224. The elevated temperature of the cooling
medium 212 at T»; when compared to its initial temperature T2 may reduce through
thickness and/or peak thermal gradients between the shroud seal 224 and the cooling
medium 212, thus reducing thermal stresses on the shroud seal 224. This may be
particularly beneficial when the shroud seal 224 and/or the seal surface 232 is formed

from a ceramic or ceramic matrix composite material.

[0042] FIG. 5 provides a cross sectional side view of a portion of the second stage
portion 76 of the HP turbine 28 as shown in FIG. 4, including an exemplary embodiment
of the system 200, according to one embodiment of the present invention. In one
embodiment as shown in FIG. 5, the outlet 216 to the internal passage 206 of the stator
vane 204 may be formed or disposed along a bottom or inner band portion 238 of the

stator vane 204. In one embodiment, the stator vane 204 may at least partially define a
plurality of holes or apertures 240 that provide for fluid communication out of the

internal flow passage 206 along a span of the stator vane 206.

12
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[0043] In particular embodiments, a bypass flow passage 242 may be at least partially
defined between a baffle 244 and a top or outer band portion 246 of the stator vane 204.
In operation, the cooling medium 212 enters the bypass flow passage 242 via inlet 243 at
a first temperature T2. As the cooling medium 212 flows across the top or outer band
portion 246 of the stator vane 204 and through the bypass flow passage 242, thermal
energy is absorbed by the cooling medium 212, thus increasing the temperature from 12
to temperature T21. The cooling medium 212 exits the bypass passage 242 via an outlet
250. The cooling medium 212 is then directed or routed towards the inlet 218 of the

internal flow passage 210 of the turbine shroud assembly 208.

10044 ] Once the cooling medium 212 enters the internal flow passage 210 of the
turbine shroud assembly 208, it may be directed across and/or impinged upon the inner
surface 230 of the shroud seal 224, thus providing at least one of convection, or
impingement éooling to the shroud seal 224. The elevated temperature of the cooling
medium 212 at T»2; when compared to its initial temperature T may reduce through
thickness and/or peak thermal gradients between the shroud seal 224 and the cooling
medium 212, thus reducing thermal stresses on the shroud seal 224. This may be

particularly beneficial when the shroud seal 224 and/or the seal surface 232 is formed

from a ceramic or ceramic matrix composite material.

[0045] FIG. 6 provides a cross sectional side view of the HP turbine 28 of the core
turbine engine 16 including a portion of the first stage portion 74 and the second stage
portion 76 as shown in FIG. 5 according to one embodiment of the present invention. In
one embodiment, as shown in FIG. 6, the bypass flow passage 242 of the system 200 may
be in fluid communication with the internal flow passage 110 of the turbine shroud
assembly 108 of the first stage portion 74 of the HP turbine 23. In operation, as
previously provided with regards to system 100, the cooling medium 112 flows into the
internal flow passage 110 of the turbine shroud assembly 108 at Tii. As the cooling

medium 112 flows across and/or is impinged upon the inner surface 130 of the shroud

13
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seal 124, thermal energy from the shroud seal 124 is absorbed, thus further increasing the

temperature of the cooling medium from Ti1 to temperature Tho.

[0046] The cooling medium 112 then flows out of the turbine shroud assembly 108
through an outlet 146 and towards inlet 248 which provides for fluid communication into
the bypass flow passage 242. At least a portion of the cooling medium 112 flows across
the top or outer band portion 246 of the stator vane 204 of the second stage portion 76.
As a'result, additional thermal energy is absorbed by the cooling medium 212, thus
increasing the temperature from Tiz to temperature Ti3. In one embodiment, a second
portion of the cooling medium 112 may flow through the internal flow passage 206 of the
stator vane 204 of the second stage portion 76. The cooling medium 112 exits the bypass

passage 242 via outlet 250. The cooling medium 112 is then directed or routed towards

the inlet 218 of the internal flow passage 210 of the turbine shroud assembly 208.

(0047} Once the cooling medium 112 enters the internal flow passage 210 of the
turbine shroud assembly 208, it may be directed across and/or impinged upon the inner
surface 230 of the shroud seal 224, thus providing at least one of convection, or
impingement cooling to the shroud seal 224. The elevated temperature of the cooling
medium 112 at T3 when compared to its initial temperature T1 may reduce through
thickness and/or peak thermal gradients between the shroud seal 224 and the cooling
medium 112, thus reducing thermal stresses on the shroud seal 224. This may be

particularly beneficial when the shroud seal 224 and/or the seal surface 232 1s formed

from a ceramic or ceramic matrix composite material.

[0043] The various embodiments of the system for cooling a turbine engine as

illustrated in FIGS. 2-6 and as described and claimed herein, provide various technical
benefits over conventional cooling schemes for turbine engines. For example, by reusing
or routing the cooling medium 112, 212 through and/or across multiple high temperature
surfaces within the turbine, the overall cooling effectiveness of the cooling medium 112,
212 may be enhanced when compared with using the cooling medium in a single cooling
pass configuration. In addition, by using the warmer cooling medium, with respect to the

14
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T, and T> temperatures to cool downstream components such as the shroud assemblies

108, 208, thermal stresses in the downstream components may be decreased due to
reduced thermal gradients and/or reduced peak thermal gradients between the cooling

medium 112, 212 and the components to be cooled.

[0049]  While there have been described herein what are considered to be preferred
and exemplary embodiments of the present invention, other modifications ot these
embodiments falling within the scope of the invention described herein shall be apparent

to those skilled in the art.
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WHAT IS CLAIMED IS:

1. A system for cooling a turbine, the system comprising:

a cooling medium source;

a stator vane having an internal flow passage that is in fluid communication
with the cooling medium source; and

a turbine shroud assembly having an internal flow -passége that is in fluid

communication with the internal flow passage of the stator vane.

2. The system as in claim 1, wherein the cooling medium source

comprises at least one of a low pressure compressor and a high pressure compressor.

3. The system as in claim 1, wherein the internal flow passage ot the stator
vane includes at least one hole, wherein the least one hole provides for fluid

communication out of the internal flow passage along a span ot the stator vane.

4. The system as in claim 1, wherein the internal flow passage ot the stator
vane includes an inlet in fluid communication with the cooling medium source and an

outlet that is in fluid communication with the turbine shroud assembly.

S. The system as in claim 4, wherein the inlet and the outlet of the stator

vane may be formed along an outer band portion of the stator vane.

0. The system as in claim 4, wherein the inlet is formed along an inner

band portion of the stator vane.

7. The system as in claim 1, wherein the internal flow passage of the

turbine shroud assembly includes a cooling air plenum defined within a shroud seal

portion of the turbine shroud assembly.

8. The system as in claim 1, wherein the stator vane includes a bypass
flow passage defined by an outer band portion of the stator vane downstream from the

internal flow passage of the stator vane, wherein the bypass flow passage provides for

16
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fluid communication between the internal flow passage of the stator vane and a hot gas

path of the turbine.

9. The system as in claim 1, wherein the stator vane and the turbine shroud
assembly are turbine hardware components of one of a first stage portion of the high

pressure turbine or a second stage portion of a high pressure turbine.

10.  The system as in claim 1, further comprising a turbine rotor blade
radially spaced from a seal surface of a shroud seal of the turbine shroud assembly, the
turbine rotor blade including a plurality of cooling passages, wherein the cooling

passages are oriented towards the sealing surface of the shroud seal.

11. A system for cooling a turbine, the system comprising;

a first cooling medium source;

a first stator vane having an internal flow passage that is in fluid
communication with the cooling medium source;

a first turbine shroud assembly having an internal flow passage that is in fluid
communication with the internal flow passage of the first stator vane;

a second cooling medium source;

a second stator vane disposed downstream from the first stator vane, the
second stator vane having an internal flow passage, wherein the first stator vane and the
second stator vane at least partially define a hot gas path through the turbine;

a bypass flow passage at least partially defined between a batfle and an outer
band portion of the stator vane, wherein the bypass flow passage and the internal flow
passage of the second stator vane are in fluid communication with the second cooling

medium source; and

a second turbine shroud assembly having an internal flow passage that is 1n

fluid communication with at least one of the internal flow passage of the second stator

vane and the bypass flow passage.

17



CA 02923935 2016-03-17

2'78892-3

12. The system as in claim 11, wherein the first cooling medium source

comprises at least one of a low pressure compressor and a high pressure compressor.

13.  The system as in claim 11, wherein the internal flow passage of the first
stator vane includes at least one hole, wherein the least one hole provides for fluid

communication out of the internal flow passage along a span of the first stator vane.

14.  The system as in claim 11, wherein the internal flow passage of the
second stator vane includes at least one hole, wherein the least one hole provides for fluid

communication out of the internal flow passage along a span of the second stator vane.

15.  The system as in claim 11, wherein the internal flow passage of the
stator vane includes an inlet in fluid communication with the cooling medium source and

an outlet that is in fluid communication with the turbine shroud assembly.

16.  The system as in claim 11, wherein the internal flow passage of the first

turbine shroud assembly includes a cooling air plenum defined within a shroud seal

portion of the first turbine shroud assembly.

17.  The system as in claim 16, wherein the second cooling medium source

comprises the internal flow passage of the first turbine shroud assembly.

18.  The system as in claim 11, wherein the first stator vane includes a
bypass flow passage defined by an outer band portion of the first stator vane, wherein the
bypass flow passage is downstream from the internal flow passage of the first stator vane,
wherein the bypass flow passage provides for fluid communication between the internal

flow passage of the first stator vane and the hot gas path of the turbine.

19.  The system as in claim 11, wherein the first stator vane and the first
turbine shroud assembly are turbine hardware components of a first stage portion of a
high pressure turbine and the second stator vane and the second turbine shroud assembly

are turbine hardware components of a second stage portion of the high pressure turbine.
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20. A system for cooling a turbine engine, comprising:

a first stage of the turbine engine having a stator vane and a turbine shroud
assembly, the stator vane having an internal flow passage that is in fluid communication
with a cooling medium source and the turbine shroud assembly having an internal flow
passage that i1s in fluid communication with the internal flow passage of the stator vane;
and

a second stage of the turbine engine disposed downstream from the first stage,
the second stage having a stator vane and a turbine shroud assembly, the stator vane of
the second stage having an internal flow passage that is in fluid communication with the
internal flow passage of the turbine shroud assembly of the first stage, the turbine shroud
assembly of the second stage having an internal flow passage that is in fluid

communication with the internal flow passage of the stator vane of the second stage.

19
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