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GAS TURBINE ENGINE 

[ 0001 ] The present disclosure relates to a gas turbine 
engine . 
[ 0002 ] According to a first aspect there is provided a gas 
turbine engine comprising an engine core comprising high 
and low pressure compressors and high and low pressure 
turbines , the high pressure compressor and high pressure 
turbine being coupled by a high pressure shaft , and the low 
pressure compressor and low pressure turbine being coupled 
by a low pressure shaft , the engine further comprising a fan 
coupled to the low pressure shaft by a reduction gearbox , 
wherein the high pressure compressor consists of 9 stages 
and has an average stage loading at cruise conditions of 
between 1.39 and 1.42 , and the low and high pressure 
compressor together define an overall core pressure ratio at 
cruise conditions of between 40 and 60 . 
[ 0003 ] It has been found by the inventors that this com 
bination of features provides a highly efficient gas turbine 
engine , which has low overall blade count , while maintain 
ing high stage efficiency . 
[ 0004 ] The high pressure compressor may define a cruise 
overall pressure ratio of between 13 : 1 and 25 : 1 , and pref 
erably between 17 : 1 and 20 : 1 . Consequently , the high pres 
sure compressor provides for a majority of the pressure rise 
in the core . This contributes to the overall short length of the 
engine . 
[ 0005 ] A final stage of the high pressure compressor may 
have a stage loading of between 1.15 and 1.25 . It has been 
found that , in view of the relatively small diameter blades at 
the rear of the high pressure compressor ( due to the com 
pression provided by upstream stages ) , a relatively small 
amount of compression can be provided by an additional 
stage at the rear of the compressor , compared to an eight 
stage high pressure compressor . However , the relatively 
small size of an additional stage at this position gives rise to 
a relatively low weight overall , thereby reducing overall 
engine weight . 
[ 0006 ] A first stage of the high pressure compressor may 
have a stage loading of between 1.4 and 1.6 . Advanta 
geously , by providing a first stage with a relatively high 
stage loading relative to the average stage loading , a high 
overall pressure ratio can be provided , since this large , high 
diameter stage can provide a higher pressure ratio . However , 
this must be balanced against the increased weight . 
[ 0007 ] The high pressure compressor may comprise a 
cruise pressure ratio of between 17 and 25 , and may be 
between 19 and 24 . 
[ 0008 ] The low pressure compressor may comprise a 
cruise pressure ratio of between 1.6 and 2.5 . 
[ 0009 ] The low pressure compressor may consist of two or 
three compressor stages . 
[ 0010 ] The low pressure compressor may define an aver 
age stage loading of between 1.3 and 1.4 , and may define an 
average stage loading of approximately 1.35 . 
[ 0011 ] The high pressure turbine may consist of one stage 
or two stages . 
[ 0012 ] The low pressure turbine may consist of three 
stages or four stages . 
[ 0013 ] According to an aspect there is provided a method 
of operating a gas turbine engine according to the first 
aspect , the method comprising , at cruise , operating the high 
pressure compressor to provide an average stage loading at 
cruise conditions of between 1.39 and 1.42 , and the low and 

high pressure compressor together define an overall core 
pressure ratio at cruise conditions of between 40 and 60 . 
[ 0014 ] Each fan blade may be defined as having a radial 
span extending from a root ( or hub ) at a radially inner 
gas - washed location , or 0 % span position , to a tip at a 100 % 
span position . The ratio of the radius of the fan blade at the 
hub to the radius of the fan blade at the tip may be less than 
( or on the order of ) any of : 0.4 , 0.39 , 0.38 0.37 , 0.36 , 0.35 , 
0.34 , 0.33 , 0.32 , 0.31 , 0.3 , 0.29 , 0.28 , 0.27 , 0.26 , or 0.25 . 
The ratio of the radius of the fan blade at the hub to the 
radius of the fan blade at the tip may be in an inclusive range 
bounded by any two of the values in the previous sentence 
( i.e. the values may form upper or lower bounds ) . These 
ratios may commonly be referred to as the hub - to - tip ratio . 
The radius at the hub and the radius at the tip may both be 
measured at the leading edge ( or axially forwardmost ) part 
of the blade . The hub - to - tip ratio refers , of course , to the gas - washed portion of the fan blade , i.e. the portion radially 
outside any platform . 
[ 0015 ] The gas turbine engine as described and / or claimed 
herein may have any suitable general architecture . For 
example , the gas turbine engine may have further shafts that 
connect turbines and compressors , for example three shafts . 
[ 0016 ] The gearbox is a reduction gearbox ( in that the 
output to the fan is a lower rotational rate than the input from 
the core shaft ) . Any type of gearbox may be used . For 
example , the gearbox may be a “ planetary ” or “ star ” gear 
box , as described in more detail elsewhere herein . The 
gearbox may have any desired reduction ratio ( defined as the 
rotational speed of the input shaft divided by the rotational 
speed of the output shaft ) , for example greater than 2.5 , for 
example in the range of from 3 to 4.2 , for example on the 
order of or at least 3 , 3.1 , 3.2 , 3.3 , 3.4 , 3.5 , 3.6 , 3.7 , 3.8 , 3.9 , 
4 , 4.1 or 4.2 . The gear ratio may be , for example , between 
any two of the values in the previous sentence . A higher gear 
ratio may be more suited to “ planetary ” style gearbox . In 
some arrangements , the gear ratio may be outside these 
ranges . 
[ 0017 ] In any gas turbine engine as described and / or 
claimed herein , a combustor may be provided axially down 
stream of the fan and compressors . For example , the com 
bustor may be directly downstream of ( for example at the 
exit of ) the high pressure compressor . By way of further 
example , the flow at the exit to the combustor may be 
provided to the inlet of the high pressure turbine . The 
combustor may be provided upstream of the turbines . 
[ 0018 ] Each compressor stage may comprise a row of 
rotor blades and a row of stator vanes , which may be 
variable stator vanes ( in that their angle of incidence may be 
variable ) . The row of rotor blades and the row of stator vanes 
may be axially offset from each other . 
[ 0019 ] Similarly , each turbine may comprise any number 
of stages , for example multiple stages . Each stage may 
comprise a row of rotor blades and a row of stator vanes . The 
row of rotor blades and the row of stator vanes may be 
axially offset from each other . 
[ 0020 ] The radius of the fan may be measured between the 
engine centreline and the tip of a fan blade at its leading 
edge . The fan diameter ( which may simply be twice the 
radius of the fan ) may be greater than ( or on the order of ) any 
of : 250 cm ( around 100 inches ) , 260 cm , 270 cm ( around 
105 inches ) , 280 cm ( around 110 inches ) , 290 cm ( around 
115 inches ) , 300 cm ( around 120 inches ) , 310 cm , 320 cm 
( around 125 inches ) , 330 cm ( around 130 inches ) , 340 cm 
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( around 135 inches ) , 350cm , 360cm ( around 140 inches ) , 
370 cm ( around 145 inches ) , 380 ( around 150 inches ) cm or 
390 cm ( around 155 inches ) . The fan diameter may be in an 
inclusive range bounded by any two of the values in the 
previous sentence ( i.e. the values may form upper or lower 
bounds ) . 
[ 0021 ] The rotational speed of the fan may vary in use . 
Generally , the rotational speed is lower for fans with a 
higher diameter . Purely by way of non - limitative example , 
the rotational speed of the fan at cruise conditions may be 
less than 2500 rpm , for example less than 2300 rpm . Purely 
by way of further non - limitative example , the rotational 
speed of the fan at cruise conditions for an engine having a 
fan diameter in the range of from 250 cm to 300 cm ( for 
example 250 cm to 280 cm ) may be in the range of from 
1700 rpm to 2500 rpm , for example in the range of from 
1800 rpm to 2300 rpm , for example in the range of from 
1900 rpm to 2100 rpm . Purely by way of further non 
limitative example , the rotational speed of the fan at cruise 
conditions for an engine having a fan diameter in the range 
of from 320 cm to 380 cm may be in the range of from 1200 
rpm to 2000 rpm , for example in the range of from 1300 rpm 
to 1800 rpm , for example in the range of from 1400 rpm to 

be in an 

through the engine . At cruise conditions , the specific thrust 
of an engine described and / or claimed herein may be less 
than ( or on the order of ) any of the following : 110 Nkg = ' s , 
105 Nkg ' s , 100 Nkg = + s , 95 Nkg = + s , 90 Nkg = ' s , 85 Nkg = ' s 
or 80 Nkg ' s . The specific thrust may be in an inclusive 
range bounded by any two of the values in the previous 
sentence ( i.e. the values may form upper or lower bounds ) . 
Such engines may be particularly efficient in comparison 
with conventional gas turbine engines . 
[ 0026 ] A gas turbine engine as described and / or claimed 
herein may have any desired maximum thrust . Purely by 
way of non - limitative example , a gas turbine as described 
and / or claimed herein may be capable of producing a 
maximum thrust of at least ( or on the order of ) any of the 
following : 160 kN , 170 kN , 180 kN , 190 kN , 200 kN , 250 
kN , 300 kN , 350 kN , 400 kN , 450 kN , 500 kN , or 550 kN . 
The maximum thrust may inclusive range bounded 
by any two of the values in the previous sentence ( i.e. the 
values may form upper or lower bounds ) . The thrust referred 
to above may be the maximum net thrust at standard 
atmospheric conditions at sea level plus 15 deg C ( ambient 
pressure 101.3 kPa , temperature 30 deg C ) , with the engine 
static . 
[ 0027 ] In use , the temperature of the flow at the entry to 
the high pressure turbine may be particularly high . This 
temperature , which may be referred to as TET , may be 
measured at the exit to the combustor , for example imme 
diately upstream of the first turbine vane , which itself may 
be referred to as a nozzle guide vane . At cruise , the TET may 
be at least ( or on the order of ) any of the following : 1400K , 
1450K , 1500K , 1550K , 1600K or 1650K . The TET at cruise 
may be in an inclusive range bounded by any two of the 
values in the previous sentence ( i.e. the values may form 
upper or lower bounds ) . The maximum TET in use of the 
engine may be , for example , at least ( or on the order of ) any 
of the following : 1700K , 1750K , 1800K , 1850K , 1900K , 
1950K or 2000K . The maximum TET may be in an inclusive 
range bounded by any two of the values in the previous 
sentence ( i.e. the values may form upper or lower bounds ) . 
The maximum TET may occur , for example , at a high thrust 
condition , for example at a maximum take - off ( MTO ) con 
dition . 

1600 rpm . 
[ 0022 ] In use of the gas turbine engine , the fan ( with 
associated fan blades ) rotates about a rotational axis . This 
rotation results in the tip of the fan blade moving with a 
velocity Utip . The work done by the fan blades 13 on the flow 
results in an enthalpy rise dH of the flow . A fan tip loading 
may be defined as dH / Utip ?, where dH is the enthalpy rise 
( for example the 1 - D average enthalpy rise ) across the fan 
and Utip is the ( translational ) velocity of the fan tip , for 
example at the leading edge of the tip ( which may be defined 
as fan tip radius at leading edge multiplied by angular 
speed ) . The fan tip loading at cruise conditions may be 
greater than ( or on the order of ) any of : 0.3 , 0.31 , 0.32 , 0.33 , 
0.34 , 0.35 , 0.36 , 0.37 , 0.38 , 0.39 or 0.4 ( all units in this 
paragraph being Jkg K - ! / ( ms - 1 ) 2 ) . The fan tip loading may 
be in an inclusive range bounded by any two of the values 
in the previous sentence ( i.e. the values may form upper or 
lower bounds ) . 
[ 0023 ] Gas turbine engines in accordance with the present 
disclosure may have any desired bypass ratio , where the 
bypass ratio is defined as the ratio of the mass flow rate of 
the flow through the bypass duct to the mass flow rate of the 
flow through the core at cruise conditions . In some arrange 
ments the bypass ratio may be greater than ( or on the order 
of ) any of the following : 10 , 10.5 , 11 , 11.5 , 12 , 12.5 , 13 , 
13.5 , 14 , 14.5 , 15 , 15.5 , 16 , 16.5 , 17 , 17.5 , 18 , 18.5 , 19 , 19.5 
or 20. The bypass ratio may be in an inclusive range 
bounded by any two of the values in the previous sentence 
( i.e. the values may form upper or lower bounds ) . The 
bypass duct may be substantially annular . The bypass duct 
may be radially outside the core engine . The radially outer 
surface of the bypass duct may be defined by a nacelle 
and / or a fan case . 
[ 0024 ] The overall core pressure ratio of a gas turbine 
engine as described and / or claimed herein may be defined as 
the ratio of the stagnation pressure upstream of the low 
pressure compressor to the stagnation pressure at the exit of 
the highest pressure compressor ( before entry into the com 
bustor ) . 
[ 0025 ] Specific thrust of an engine may be defined as the 
net thrust of the engine divided by the total mass flow 

[ 0028 ] A fan blade and / or aerofoil portion of a fan blade 
described and / or claimed herein may be manufactured from 
any suitable material or combination of materials . For 
example at least a part of the fan blade and / or aerofoil may 
be manufactured at least in part from a composite , for 
example a metal matrix composite and / or an organic matrix 
composite , such as carbon fibre . By way of further example 
at least a part of the fan blade and / or aerofoil may be 
manufactured at least in part from a metal , such as a titanium 
based metal or an aluminium based material ( such as an 
aluminium - lithium alloy ) or a steel based material . The fan 
blade may comprise at least two regions manufactured using 
different materials . For example , the fan blade may have a 
protective leading edge , which may be manufactured using 
a material that is better able to resist impact ( for example 
from birds , ice or other material ) than the rest of the blade . 
Such a leading edge may , for example , be manufactured 
using titanium or a titanium - based alloy . Thus , purely by 
way of example , the fan blade may have a carbon - fibre or 
aluminium based body ( such as an aluminium lithium alloy ) 
with a titanium leading edge . 



US 2021/0301763 A1 Sep. 30 , 2021 
3 

[ 0029 ] A fan as described and / or claimed herein may 
comprise a central portion , from which the fan blades may 
extend , for example in a radial direction . The fan blades may 
be attached to the central portion in any desired manner . For 
example , each fan blade may comprise a fixture which may 
engage a corresponding slot in the hub ( or disc ) . Purely by 
way of example , such a fixture may be in the form of a 
dovetail that may slot into and / or engage a corresponding 
slot in the hub / disc in order to fix the fan blade to the 
hub / disc . By way of further example , the fan blades may be 
formed integrally with a central portion . Such an arrange 
ment may be referred to as a bladed disc or a bladed ring . 
Any suitable method may be used to manufacture such a 
bladed disc or bladed ring . For example , at least a part of the 
fan blades may be machined from a block and / or at least part 
of the fan blades may be attached to the hub / disc by welding , 
such as linear friction welding . 
( 0030 ) The gas turbine engines described and / or claimed 
herein may or may not be provided with a variable area 
nozzle ( VAN ) . Such a variable area nozzle may allow the 
exit area of the bypass duct to be varied in use . The general 
principles of the present disclosure may apply to engines 
with or without a VAN . 
[ 0031 ] The fan of a gas turbine as described and / or 
claimed herein may have any desired number of fan blades , 
for example 14 , 16 , 18 , 20 , 22 , 24 or 26 fan blades . 
[ 0032 ] As used herein , cruise conditions have the conven 
tional meaning and would be readily understood by the 
skilled person . Thus , for a given gas turbine engine for an 
aircraft , the skilled person would immediately recognise 
cruise conditions to mean the operating point of the engine 
at mid - cruise of a given mission ( which may be referred to 
in the industry as the “ economic mission ” ) of an aircraft to 
which the gas turbine engine is designed to be attached . In 
this regard , mid - cruise is the point in an aircraft flight cycle 
at which 50 % of the total fuel that is burned between top of 
climb and start of descent has been burned ( which may be 
approximated by the midpoint in terms of time and / or 
distance between top of climb and start of descent . Cruise 
conditions thus define an operating point of , the gas turbine 
engine that provides a thrust that would ensure steady state 
operation ( i.e. maintaining a constant altitude and constant 
Mach Number ) at mid - cruise of an aircraft to which it is 
designed to be attached , taking into account the number of 
engines provided to that aircraft . For example where an 
engine is designed to be attached to an aircraft that has two 
engines of the same type , at cruise conditions the engine 
provides half of the total thrust that would be required for 
steady state operation of that aircraft at mid - cruise . 
[ 0033 ] In other words , for a given gas turbine engine for 
an aircraft , cruise conditions are defined as the operating 
point of the engine that provides a specified thrust ( required 
to provide in combination with any other engines on the 
aircraft steady state operation of the aircraft to which it is 
designed to be attached at a given mid - cruise Mach Number ) 
at the mid - cruise atmospheric conditions ( defined by the 
International Standard Atmosphere according to ISO 2533 at 
the mid - cruise altitude ) . For any given gas turbine engine for 
an aircraft , the mid - cruise thrust , atmospheric conditions and 
Mach Number are known , and thus the operating point of the 
engine at cruise conditions is clearly defined . 
[ 0034 ] Purely by way of example , the forward speed at the 
cruise condition may be any point in the range of from Mach 
0.7 to 0.9 , for example 0.75 to 0.85 , for example 0.76 to 

0.84 , for example 0.77 to 0.83 , for example 0.78 to 0.82 , for 
example 0.79 to 0.81 , for example on the order of Mach 0.8 , 
on the order of Mach 0.85 or in the range of from 0.8 to 0.85 . 
Any single speed within these ranges may be part of the 
cruise condition . For some aircraft , the cruise conditions 
may be outside these ranges , for example below Mach 0.7 or 
above Mach 0.9 . 
[ 0035 ] Purely by way of example , the cruise conditions 
may correspond to standard atmospheric conditions ( accord 
ing to the International Standard Atmosphere , ISA ) at an 
altitude that is in the range of from 10000 m to 15000 m , for 
example in the range of from 10000 m to 12000 m , for 
example in the range of from 10400 m to 11600 m ( around 
38000 ft ) , for example in the range of from 10500 m to 
11500 m , for example in the range of from 10600 m to 11400 
m , for example in the range of from 10700 m ( around 35000 
ft ) to 11300 m , for example in the range of from 10800 m 
to 11200 m , for example in the range of from 10900 m to 
11100 m , for example on the order of 11000 m . The cruise 
conditions may correspond to standard atmospheric condi 
tions at any given altitude in these ranges . 
[ 0036 ] Purely by way of example , the cruise conditions 
may correspond to an operating point of the engine that 
provides a known required thrust level ( for example a value 
in the range of from 30 kN to 35 kN ) at a forward Mach 
number of 0.8 and standard atmospheric conditions ( accord 
ing to the International Standard Atmosphere ) at an altitude 
of 38000 ft ( 11582 m ) . Purely by way of further example , the 
cruise conditions may correspond to an operating point of 
the engine that provides a known required thrust level ( for 
example a value in the range of from 50 kN to 65 kN ) at a 
forward Mach number of 0.85 and standard atmospheric 
conditions ( according to the International Standard Atmo 
sphere ) at an altitude of 35000 ft ( 10668 m ) . 
[ 0037 ] In use , a gas turbine engine described and / or 
claimed herein may operate at the cruise conditions defined 
elsewhere herein . Such cruise conditions may be determined 
by the cruise conditions ( for example the mid - cruise condi 
tions ) of an aircraft to which at least one ( for example 2 or 
4 ) gas turbine engine may be mounted in order to provide 
propulsive thrust . 
[ 0038 ] The skilled person will appreciate that except 
where mutually exclusive , a feature or parameter described 
in relation to any one of the above aspects may be applied 
to any other aspect . Furthermore , except where mutually 
exclusive , any feature or parameter described herein may be 
applied to any aspect and / or combined with any other 
feature or parameter described herein . 
[ 0039 ] Embodiments will now be described by way of 
example only , with reference to the Figures , in which : 
[ 0040 ] FIG . 1 is a sectional side view of a gas turbine 
engine in accordance with the present disclosure ; 
[ 0041 ] FIG . 2 is a close up sectional side view of region 
X of the gas turbine engine of FIG . 1 ; 
[ 0042 ] FIG . 3 is a close up sectional side view of region 
Y of the gas turbine engine of FIG . 1 ; and 
[ 0043 ] FIG . 4 is a sectional front view of a gearbox of the 
gas turbine engine of FIG . 1 . 
[ 0044 ] FIG . 1 illustrates a gas turbine engine 10 having a 
principal rotational axis 9. The engine 10 comprises an air 
intake 12 and a propulsive fan 23 that generates two air 
flows : a core airflow A and a bypass airflow B. The gas 
turbine engine 10 comprises a core 11 that receives the core 
airflow A. The engine core 11 comprises , in axial flow series , 
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a low pressure compressor 14 , a high - pressure compressor 
15 , combustion equipment 16 , a high - pressure turbine 17 , a 
low pressure turbine 19 and a core exhaust nozzle 20. A 
nacelle 21 surrounds the gas turbine engine 10 and defines 
a bypass duct 22 and a bypass exhaust nozzle 18. The bypass 
airflow B flows through the bypass duct 22. The fan 23 is 
attached to and driven by the low pressure turbine 19 via a 
shaft 26 and an epicyclic gearbox 30. The high pressure 
compressor 15 is attached to the high pressure turbine 19 by 
a high pressure shaft 27 . 
[ 0045 ] In use , the core airflow A is accelerated and com 
pressed by the low pressure compressor 14 and directed into 
the high pressure compressor 15 where further compression 
takes place . The compressed air exhausted from the high 
pressure compressor 15 is directed into the combustion 
equipment 16 where it is mixed with fuel and the mixture is 
combusted . The resultant hot combustion products then 
expand through , and thereby drive , the high pressure and 
low pressure turbines 17 , 19 before being exhausted through 
the nozzle 20 to provide some propulsive thrust . The high 
pressure turbine 17 drives the high pressure compressor 15 
by a suitable interconnecting shaft 27. The fan 23 generally 
provides the majority of the propulsive thrust . The epicyclic 
gearbox 30 is a reduction gearbox . 
[ 0046 ] Note that the terms “ low pressure turbine ” and 
“ low pressure compressor ” as used herein may be taken to 
mean the lowest pressure turbine stages and lowest pressure 
compressor stages ( i.e. not including the fan 23 ) respectively 
and / or the turbine and compressor stages that are connected 
together by the interconnecting shaft 26 with the lowest 
rotational speed in the engine ( i.e. not including the gearbox 
output shaft that drives the fan 23 ) . In some literature , the 
“ low pressure turbine ” and “ low pressure compressor ” 
referred to herein may alternatively be known as the “ inter 
mediate pressure turbine ” and “ intermediate pressure com 
pressor ” . Where such alternative nomenclature is used , the 
fan 23 may be referred to as a first , or lowest pressure , 
compression stage . 
[ 0047 ] The epicyclic gearbox 30 is shown by way of 
example in greater detail in FIG . 4. Each of the sun gear 28 , 
planet gears 32 and ring gear 38 comprise teeth about their 
periphery to intermesh with the other gears . However , for 
clarity only exemplary portions of the teeth are illustrated in 
FIG . 3. There are four planet gears 32 illustrated , although 
it will be apparent to the skilled reader that more or fewer 
planet gears 32 may be provided within the scope of the 
claimed invention . Practical applications of a planetary 
epicyclic gearbox 30 generally comprise at least three planet 

Purely by way of example , any suitable arrangement may be 
used for locating the gearbox 30 in the engine 10 and / or for 
connecting the gearbox 30 to the engine 10. By way of 
further example , the connections ( such as the linkages 36,40 
in the FIG . 2 example ) between the gearbox 30 and other 
parts of the engine 10 ( such as the input shaft 26 , the output 
shaft and the fixed structure 24 ) may have any desired 
degree of stiffness or flexibility . By way of further example , 
any suitable arrangement of the bearings between rotating 
and stationary parts of the engine ( for example between the 
input and output shafts from the gearbox and the fixed 
structures , such as the gearbox casing ) may be used , and the 
disclosure is not limited to the exemplary arrangement of 
FIGS . 1 to 3. For example , where the gearbox 30 has a star 
arrangement ( described above ) , the skilled person would 
readily understand that the arrangement of output and sup 
port linkages and bearing locations would typically be 
different to that shown by way of example in FIG . 2 . 
[ 0050 ] Accordingly , the present disclosure extends to a 
gas turbine engine having any arrangement of gearbox styles 
( for example star or planetary ) , support structures , input and 
output shaft arrangement , and bearing locations . 
[ 0051 ] Optionally , the gearbox may drive additional and / 
or alternative components ( e.g. the intermediate pressure 
compressor and / or a booster compressor ) . 
[ 0052 ] A front part of the engine 10 is shown in more 
detail in FIG . 2 , and shows the low and high pressure 
compressors 14 , 15 in more detail . As can be seen , each of 
the compressors 14 , 15 comprises a multi - stage axial flow 
compressor . 
[ 0053 ] The low pressure compressor 14 comprises exactly 
three stages 41a , 41b , 41c . Each stage 41a - c comprises a 
respective compressor rotor 43 , and may comprise a respec 
tive stator 44. The rotor 43 and stator 44 are generally axially 
spaced . In the present case , the first rotor 42 is upstream of 
the first stator 44. One or more further stators such as an inlet 
stator ( not shown ) may be provided however , since no 
addition rotor is provided , this does not constitute an addi 
tional stage . As will be appreciated by the person skilled in 
the art , the rotors 43 are coupled to the respective shaft ( i.e. 
the low pressure shaft 26 in the case of the low pressure 
compressor 15 ) by corresponding discs 46a - c , and so turn 
with the shaft 26. On the other hand , the stators 44 are held 
stationary relative to the rotors 44. In some cases , the stators 
44 may pivot about their long axes , to adjust the angle of 
attack and inlet and outlet area for the respective compressor 
stage . Such stators are known as “ variable stator vanes ” or 
VSVs . 
[ 0054 ] The high pressure compressor 15 similarly consists 
of nine stages 42a - i , i.e. has neither fewer than nor more than 
nine stages . Of course , the compressor 15 typically com 
prises additional equipment ( such as shafts , discs etc ) , but no 
more or fewer than nine stages . Again , each stage comprises 
at least one rotor 43 , and optionally also a stator 44. Each 
rotor 42a - i is coupled to the high pressure shaft 27 via a 
respective drum ( not labelled to aid clarity ) . 
[ 0055 ] Between them , the high and low pressure compres 
sors 14 , 15 define an in use overall core pressure ratio ( OPR ) 
at cruise conditions . The core OPR is defined as the ratio of 
the stagnation pressure upstream of the first stage 44 of the 
low pressure compressor 15 to the stagnation pressure at the 
exit of the highest pressure compressor 16 ( before entry into 
the combustor ) . The core OPR excludes any pressure rise 
generated by the fan 23 where the fan provides air flow to 

gears 32 . 
[ 0048 ] The epicyclic gearbox 30 illustrated by way of 
example in FIG . 3 is of the planetary type , in that the planet 
carrier 34 is coupled to an output shaft via linkages 36 , with 
the ring gear 38 fixed . However , any other suitable type of 
epicyclic gearbox 30 may be used . By way of further 
example , the epicyclic gearbox 30 may be a star arrange 
ment , in which the planet carrier 34 is held fixed , with the 
ring ( or annulus ) gear 38 allowed to rotate . In such an 
arrangement the fan 23 is driven by the ring gear 38. By way 
of further alternative example , the gearbox 30 may be a 
differential gearbox in which the ring gear 38 and the planet 
carrier 34 are both allowed to rotate . 
[ 0049 ] It will be appreciated that the arrangement shown 
in the figures is by way of example only , and various 
alternatives are within the scope of the present disclosure . 
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any value 

the core , so a total engine overall pressure ratio may be 
higher than the core OPR . In the present disclosure , the 
overall core OPR is between 40 and 60. In the described 
embodiment , the core OPR is 50 , and may take 
between these upper and low bounds . For example , the core 
OPR may be any of 40 , 45 , 50 , 55 and 60 . 
[ 0056 ] As will be understood , the core OPR will vary 
according to atmospheric , flight and engine conditions . 
However , the engine is typically designed to provide param 
eters at cruise conditions , as outlined above . 
[ 0057 ] Referring now to FIG . 3 , the turbine section ( i.e. 
the region delineated in region Y in FIG . 1 ) is shown . 
[ 0058 ] The turbine section comprises the high and low 
pressure turbines 17 , 19. As can be seen , the turbines 17 , 19 
are again multi - stage . The high pressure turbine comprises 
two stages 47a , 47b , which are each coupled to the high 
pressure shaft 27 by respective turbine discs 48a , 48b . 
Again , a “ turbine stage ” can be defined in a similar manner 
to a compressor stage , in that it comprises at least one rotor , 
and optionally a stator . 
[ 0059 ) Similarly , the low pressure turbine consists of three 
stages 49a - c , i.e. not more than three stages or fewer than 
three stages . Again , each stage consists of at least one 
turbine rotor . 
[ 0060 ] As will be understood , a large design space must be 
considered when designing a gas turbine engine to deter 
mine an optimal engine with respect to a chosen metric ( such 
as engine weight , cost , thermal efficiency , propulsive effi 
ciency , or a balance of these ) . In many cases , there may be 
a large number of feasible solutions for a given set of 
conditions to achieve a desired metric . 
[ 0061 ] One such variable is core OPR . As core OPR 
increases , thermal efficiency also tends to increase , and so a 
high OPR is desirable . Even once a particular OPR is chosen 
however , a number of design variables must be chosen . 
[ 0062 ] One such design variable is the amount of pressure 
rise provided by the low pressure compressor 15 relative to 
that provided by the high pressure compressor 16 ( some 
times referred to as " worksplit ” ) . As will be understood , the 
total core OPR can be determined by multiplying the low 
pressure compressor pressure ratio ( i.e. the ratio between the 
stagnation pressure at the outlet of the low pressure com 
pressor by the stagnation pressure at the inlet of the low 
pressure compressor 15 ) by the high pressure compressor 
ratio ( i.e. the ratio between the stagnation pressure at the 
outlet of the high pressure compressor 16 and the stagnation 
pressure at the inlet of the high pressure compressor 16 ) . 
Consequently , a higher core OPR can be provided by 
increasing the high pressure compressor ratio , the low 
pressure compressor ratio , or both . 
[ 0063 ] The inventors have found that a particularly effi 
cient work split for a gas turbine engine having a core OPR 
in the above described range can be provided by providing 
a high pressure compressor 16 having a pressure ratio of 
between 17 : 1 and 25 : 1 . In the present example , the high 
pressure compressor has a pressure ratio of approximately 
20 : 1 . It has been found to be difficult to provide a pressure 
ratio significantly greater than 25 : 1 on a compressor pro 
vided on a single shaft using current technology . Conse 
quently , to provide the necessary core OPR , a low pressure 
compressor ratio of between 1.5 : 1 and 2.5 : 1 is required . In 
the present example , the low pressure compressor 15 has a 
pressure ratio of approximately 2 : 1 , giving a core OPR of 
40 : 1 . 

[ 0064 ] Similarly , there are a number of ways to increase 
the compressor pressure ratio . A first method is to increase 
the stage loading . Stage loading is defined as the stagnation 
pressure ratio across an individual stage ( rotor and stator , or 
rotor only where the stage consists only of a rotor ) of a 
compressor . A cruise stage loading will occur at engine 
conditions at which the cruise pressure ratio is achieved , as 
defined above . Similarly , an average stage loading can be 
defined as the sum of the stage loadings of each compressor 
stage of a compressor at such conditions , divided by the 
number of stages , or by the total stagnation pressure rise of 
the compressor divided by the number of stages . It has been 
found that a particularly beneficial balance of properties can 
be provided where the average stage loading of the high 
pressure compressor 15 at cruise conditions is between 1.39 
and 1.42 , where the high pressure compressor consists of 
nine stages , and the overall pressure ratio of the compressors 
14 , 15 is between 40 and 60 . 
[ 0065 ] The cruise stage loading can be determined by the 
designer by one or more of determining the rotor speed at the 
cruise compression conditions ( high rotor speed leads to 
higher stage loading ) , determining the turning provided by 
the blades ( more turning leads to higher stage loading ) , or 
determining the radius of the tips of the compressor rotors 
( higher radius blades result in higher stage loading ) , which 
in turn necessitates an increase in the radius of the roots of 
the compressor rotors to maintain a given flow area . Each of 
these options has associated advantages and disadvantages . 
For instance , increasing low pressure compressor rotor 
speed necessitates either an increase in the reduction ratio of 
the gearbox 30 , or a reduction in the fan 23 radius , in order 
to maintain fan tip speeds at a desired level for noise and 
efficiency reasons . Similarly , increasing the high pressure 
compressor 15 rotor speed necessitates an increase in the 
high pressure turbine rotor 17 speed , which may result in the 
turbines materials exceeding their strength limits , or a reduc 
tion in turbine life . On the other hand , increasing the 
compressor tip radius necessitates an increase in weight , in 
view of the larger compressor discs that are required . 
Increased turning of the airflow may result in lower surge 
margin , and reduced efficiency . In any case , a higher stage 
loading may result in a lower efficiency , since the increased 
rotor tip speed or higher turning leads to lower compressor 
efficiencies , in view of losses associated with aerodynamic 
shocks as the tips significantly exceed the speed of sound . 
[ 0066 ] A second option to increase compression ratios is 
to increase the number of stages in the respective compres 
sors , thereby maintaining a low stage loading , low rotational 
speed , and low disc weight . Again , this can be achieved by 
adding a stage to either the low pressure compressor 15 or 
high pressure compressor 16. However , this will generally 
result in a higher weight and cost associated with the 
additional stage . 
[ 0067 ] A further complication is the presence of the gear 
box 30. The gearbox provides additional design freedom , 
since , as noted above , the gearbox reduction ratio can be 
selected to provide a preferred fan tip speed independently 
of both fan radius and low pressure compressor rotor speed . 
However , the gearbox also provides constraints in view of its 
large size . Consequently , the large radius required radially 
inward of the fan 23 inherent in a geared turbofan having an 
epicyclic gearbox dictates a fan 23 having a large hub radius , 
i.e. a large radial distance between the engine centre 9 and 
the aerodynamic root of the fan blades 23. Furthermore , in 



US 2021/0301763 A1 Sep. 30 , 2021 
6 

view of the relatively slow turning fan typical of geared 
turbofans , relatively little pressure rise is provided by the 
inner radius of the fan , and so geared turbofans tend to have 
a high hub to tip ratio . 
[ 0068 ] The inventors have determined that a particular 
combination of compressor parameters can result in reduced 
engine weight , while providing a highly efficient , high 
pressure ratio core . 
[ 0069 ] As noted previously , a low pressure compressor 15 
having three compressor stages is chosen . In principle , any 
number of low and pressure compressor 15 stages could be 
chosen to provide the required OPR . However , the inventors 
have found that providing a low pressure compressor having 
three stages provides distinct advantages . 
[ 0070 ] A relatively high stage count ( nine stages ) is cho 
sen for the high pressure compressor 15 , and a relatively low 
radius high pressure compressor 15 first stage rotor is 
chosen . This can be selected in view of the relatively high 
rotational speed of the high pressure shaft 27 , to achieve a 
high pressure compressor 15 having a compression ratio of 
between 17 : 1 and 24 : 1 . 
[ 0071 ] A relatively high stage loading of between 1.39 and 
1.42 is selected for the high pressure compressor 15. The 
high stage loading and high stage count can be achieved on 
a single shaft , in view of the use of a plurality of variable 
stator vanes , which enable stability of the compressor across 
a wide range of operating conditions , in spite of the high 
compression ratio . The stage loading is varied across the 
high pressure compressor , from a higher loading of between 
1.4 and 1.6 at the first compressor stage 42a , to a lower 
loading of between 1.15 and 1.25 at the final stage 42i of the 
compressor 15 . 
[ 0072 ] In contrast , the same compression ratio ( 17 : 1 to 
24 : 1 ) could in principle be achieved using eight compression 
stages ( in an embodiment not in accordance with the present 
disclosure ) . Such a high pressure compressor would require 
a higher stage loading . The inventors have been found that , 
at these high compression loadings , an eight stage compres 
sor would be unstable , leading to compressor stalls and 
surges at particular operating points . Consequently , addi 
tional measures would have to be taken ( such as bleed 
valves , or operating the engine at higher idle speeds ) , which 
would result in lower overall engine efficiency . Alterna 
tively , lower compressor margin would have to be accepted , 
which would result in shorter compressor life , as this dete 
riorates as the engine ages . 
[ 0073 ] On the other hand , the same compression ratio 
could be achieved using ten high pressure compression 
stages ( in an embodiment not in accordance with the present 
disclosure ) . However , the inventors have found that suffi 
cient stability margin can be achieved with only nine stages , 
thereby avoiding the additional weight penalty associated 
with a tenth stage . 
[ 0074 ] Similarly , the same higher overall compressor rate 
could in principle be achieved in an embodiment not in 
accordance with the present disclosure ) by altering the work 
split , such that the three stage low pressure compressor has 
a higher compression ratio . However , it has been found that 
a lower stage loading of a maximum of 1.35 can be tolerated 
by the three stage low pressure compressor at cruise condi 
tions , before encountering instability and reduced efficiency , 
resulting in a maximum low pressure compressor pressure 
ratio at cruise conditions of approximately 2.5 . Conse 
quently , further low pressure compressor stages would be 

required ( i.e. four or greater ) to achieve the desired core 
OPR . In view of the larger mass of low pressure compressor 
stages , this is undesirable . Furthermore , in a geared , two 
shaft turbofan , the low pressure shaft drives both the fan and 
low pressure compressor . Consequently , it has been found 
that increasing the work performed by the low pressure 
compressor increases the load on the low pressure turbine , 
to the extent that further low pressure turbine stages are 
required . Consequently , by providing a high work high 
pressure compressor in place of a high work low pressure 
compressor , compressor mass is reduced ( in view of the 
smaller size of high pressure compressor stages relative to 
low pressure compressor stages ) and turbine mass is also 
reduced ( in view of the reduction in the number of stages 
required ) 
[ 0075 ] Consequently , the above disclosed parameters of 
the gas turbine engine of the present disclosure , results in a 
highly efficient , lightweight engine . 
[ 0076 ] Each of the above parameters can be varied 
throughout the disclosed ranges . For example , a gas turbine 
having the following parameters can be designed . 
[ 0077 ] In a first example , a low pressure compressor is 
provided having three stages . A low pressure compressor 
cruise compressor ratio of 2.0 is selected . 
[ 0078 ] A high pressure compressor having nine stages is 
selected . To achieve a desired core cruise overall pressure 
ratio of 48 : 1 , a high pressure compressor pressure ratio of 
24 : 1 is required . Consequently , a high pressure compressor 
average stage loading of 1.42 is required . 
[ 0079 ] In a second example , a low pressure compressor 
having three stages and a compressor ratio at cruise condi 
tions of 2.5 is selected . 
[ 0080 ] A high pressure compressor having nine stages is 
again selected . To achieve a desired cruise core overall 
pressure ratio of 48 : 1 , a high pressure compressor pressure 
ratio of 19 : 1 is required . Consequently , a high pressure 
compressor average stage loading of 1.39 is required . 
[ 0081 ] In a third example , a low pressure compressor 
having three stages and a cruise compressor ratio of 2.5 is 
selected . 
[ 0082 ] high pressure compressor having nine stages is 
again selected . To achieve a desired cruise core overall 
pressure ratio of 60 : 1 , a high pressure compressor pressure 
ratio of 24 : 1 is required . Consequently , a high pressure 
compressor average stage loading of 1.42 is required . 
[ 0083 ] It will be understood that the invention is not 
limited to the embodiments above - described and various 
modifications and improvements can be made without 
departing from the concepts described herein . Except where 
mutually exclusive , any of the features may be employed 
separately or in combination with any other features and the 
disclosure extends to and includes all combinations and 
sub - combinations of one or more features described herein . 
[ 0084 ] Other gas turbine engines to which the present 
disclosure may be applied may have alternative configura 
tions . For example , such engines may have an alternative 
number of compressors and / or turbines and / or an alternative 
number of interconnecting shafts . By way of further 
example , the gas turbine engine shown in FIG . 1 has a split 
flow nozzle 18 , 20 meaning that the flow through the bypass 
duct 22 has its own nozzle 18 that is separate to and radially 
outside the core engine nozzle 20. However , this is not 
limiting , and any aspect of the present disclosure may also 
apply to engines in which the flow through the bypass duct 
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22 and the flow through the core 11 are mixed , or combined , 
before ( or upstream of ) a single nozzle , which may be 
referred to as a mixed flow nozzle . One or both nozzles 
( whether mixed or split flow ) may have a fixed or variable 
area . Whilst the described example relates to a turbofan 
engine , the disclosure may apply , for example , to any type 
of gas turbine engine , such as an open rotor ( in which the fan 
stage is not surrounded by a nacelle ) or turboprop engine , for 
example . 
[ 0085 ] The geometry of the gas turbine engine 10 , and 
components thereof , is defined by a conventional axis sys 
tem , comprising an axial direction ( which is aligned with the 
rotational axis 9 ) , a radial direction ( in the bottom - to - top 
direction in FIG . 1 ) , and a circumferential direction ( per 
pendicular to the page in the FIG . 1 view ) . The axial , radial 
and circumferential directions are mutually perpendicular . 

1. A gas turbine engine comprising an engine core com 
prising high and low pressure compressors and high and low 
pressure turbines , the high pressure compressor and high 
pressure turbine being coupled by a high pressure shaft , and 
the low pressure compressor and low pressure turbine being 
coupled by a low pressure shaft , the engine further com 
prising a fan coupled to the low pressure shaft by a reduction 
gearbox , wherein the high pressure compressor consists of 9 
stages and has an average stage loading at cruise conditions 
of between 1.39 and 1.42 , and the low and high pressure 
compressor together define an overall core pressure ratio at 
cruise conditions of between 40 and 60 . 

2. A gas turbine engine according to claim 1 , wherein the 
high pressure compressor defines a cruise overall pressure 
ratio of between 13 : 1 and 25 : 1 . 

3. A gas turbine engine according to claim 1 , wherein a 
final stage of the high pressure compressor has a stage 
loading of between 1.15 and 1.25 at cruise conditions . 

4. A gas turbine engine according to claim 1 , wherein a 
first stage of the high pressure compressor has a stage 
loading of between 1.4 and 1.6 at cruise conditions . 

5. A gas turbine engine according to claim 1 , wherein the 
high pressure compressor comprises a cruise pressure ratio 
of between 17 and 25 . 

6. A gas turbine engine according to claim 1 , wherein the 
low pressure compressor comprises a cruise pressure ratio of 
between 1.6 and 2.5 . 

7. A gas turbine engine according to claim 1 , wherein the 
low pressure compressor consists of two or three compressor 
stages . 

8. A gas turbine engine according to claim 1 , wherein the 
low pressure compressor defines an average stage loading at 
cruise conditions of between 1.3 and 1.4 . 

9. A gas turbine engine according to claim 1 , wherein the 
high pressure turbine consists of one stage or two stages . 

10. A gas turbine engine according to claim 1 wherein the 
low pressure turbine consists of three stages or four stages . 

11. A method of operating a gas turbine engine according 
to claim 1 , the method comprising , at cruise , operating the high pressure compressor to provide an average stage load 
ing at cruise conditions of between 1.39 and 1.42 , and the 
low and high pressure compressor together define an overall 
core pressure ratio at cruise conditions of between 40 and 
60 . 

12. A gas turbine engine according to claim 2 , wherein a 
final stage of the high pressure compressor has a stage 
loading of between 1.15 and 1.25 at cruise conditions . 

13. A gas turbine engine according to claim 5 , wherein the 
high pressure compressor comprises a cruise pressure ratio 
of between 19 and 24 . 

14. A gas turbine engine according to claim 8 , wherein the 
low pressure compressor defines an average stage loading at 
cruise conditions of approximately 1.35 . 


